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ABSTRACT OF THESIS 
 
 
 
NUMERICAL INVESTIGATION OF  
THE INFLUENCE OF FRONT CAMBER ON THE STABILITY OF  
A COMPRESSOR AIRFOIL 
 
 
 
 
With the advent of smart materials it is becoming possible to alter the structural 
characteristics of turbomachine airfoils. This change in structural characteristics can 
include, but is not limited to, changes in the shape (morphing) of the airfoil. Through 
changes in the airfoil shape, aerodynamic performance can be improved. Moreover, this 
technique has the potential to act as a flutter suppressant. In this investigation changes in 
the airfoil front camber while maintaining the airfoil thickness distribution are made to 
increase airfoil stability. The airfoil section is representative of current low aspect ratio 
fan blade tip sections.  To assess the influence of the change in airfoil shape on stability 
the work-per-cycle was evaluated for torsion mode oscillations around the mid-chord at 
an inlet Mach number of 0.5 with an interblade phase angle of 180 degree，chordal 
incidence angles of both 0 degree and 10 degree, and a reduced frequency of 0.4. 
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CHAPTER ONE 
 
INTRODUCTION 
 
Background 
Transonic fans are very important for the operation of advanced military and 
commercial aircraft gas turbine engines. The development of larger loading-per-stage 
blades is one of the trends in design of modern aircraft engines. This design trend yields 
thinner blades with increased rotational speeds. Consequently, with such design trends, 
the possibility of flutter increases.  
Flutter is a self-excited oscillation phenomenon, where work is done by the 
flowing fluid on the airfoil during a cycle of oscillation. In Figure 1.1, different types of 
flutter in a fan or compressor are schematically depicted. Flutter is typically classified 
according to the flow physics occurring on the blade. In general, there are four types of 
flutter: subsonic/transonic stall flutter, supersonic stall flutter, choke flutter and 
supersonic unstalled flutter.1,2 
Subsonic/transonic stall flutter occurs only at part speed near the stall line, not  
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Figure 1.1 Flutter boundaries schematic on a compressor performance map. 
75%
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100% rotational speed. The blade vibration motion can be in either the bending mode or 
the torsion mode. In such flow conditions, the incidence angle is high, the relative Mach 
number is large, and viscous effects are of significant importance. Choke flutter usually 
occurs at part speed at negative incidence angles, and typically occurs in the bending 
mode. Supersonic stall flutter occurs at high speed near the stall line, and supersonic 
unstalled flutter occurs at high speed near the operating line. 
There are two basic parameters used to describe flutter in turbomachines: reduced 
frequency and interblade phase angle.2   The  reduced frequency is a dimension- 
 
less parameter, which plays a crucial role in unsteady aerodynamics. It is defined as the 
chord (C ) times the oscillating frequency (ω ) over two times the inlet velocity ( inV ).  To 
get an idea of the physical meaning of the reduced frequency, consider Figure 1.2.  In this 
figure, the airfoil is oscillating at the circular frequency 2 fω π= . Due to the airfoil 
oscillation, a sinusoidal wake will form that will move downstream at the velocity, inV , 
with wavelength, inVλ τ= , where 2πωτ = .  Hence, 
  2 inin
VV πλ ωτ= =  (1.1) 
 
The reduced frequency ( )k  is obtained by dividing airfoil chord by the wavelength 
V 
λ
 Figure 1.2 Wake wavelength for an oscillating airfoil  
C
  3
2 2in in
C C C k
V V
ω
πλ π π
ω
= = =  
(1.2) 
or 
2 in
C Ck
V
π ω
λ= =  (1.3) 
 where   
f  is the  blade oscillation frequency 
           C   is the   blade chord 
           inV  is the  inlet velocity 
It can be seen that the reduced frequency has a significant effect on wavelength. When 
the reduced frequency ( )k  is small, the wavelength becomes large. When the reduced 
frequency ( )k  is large, the wavelength becomes small.  
The interblade phase angle ( σ ) is the phase angle difference between an 
oscillating airfoil and the airfoil next to it.  During flutter in turbomachines, the airfoils 
vibrate with distinct phase angles between each other. If two adjacent blades have 
synchronous motion, their interblade phase angle is zero. Figure 1.3 shows the motion of 
two identical points (for example, the leading edge) on adjacent airfoils for an interblade 
angle of 60° . 
High speed fans/compressors have large incidence angles and high subsonic or 
transonic Mach numbers at part speed. Due to the large mean incidence angle with high 
subsonic or transonic relative Mach number, the leading edge region of the blade is 
subjected to the severe loading with flow separation when the fan or compressor is 
operating near or at stalling conditions. Stall flutter and high cycle fatigue problems can 
  4
occur at such conditions. All of this will decrease the efficiency of the aircraft gas turbine 
engine, as well as blade life. As shown in Figure 1.4, flow separation will appear in the 
leading edge region of the airfoil because of the mean camberline shape of transonic 
blades and the incidence angle.  
 
This indicates that if the airfoil shape based and the incidence angle could be 
modified, flow separation in the leading edge region of the airfoil could be suppressed. 
Because flow separation is one of the factors that may cause flutter, flutter could be 
controlled and blade efficiency increased. 
 
 
To control flow separation, the airfoil shape would be maintained at the design 
point and changed at part speed where subsonic/transonic stall flutter occurs. It is 
INLET FLOW 
FLOW SEPARATION
CAMBER LINE 
AIRFOIL 
 Figure 1.4 Schematic of flow separation region. 
Airfoil 2 Airfoil 1
60σ °=
t 
Figure 1.3 Oscillating airfoil interblade phase angle. 
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possible to change the structure of the airfoil so that the inlet flow changes its angle-of-
attack to the airfoil leading edge. A method of airfoil shape modification for stabilization 
will be investigated in this study. 
 
Objective 
As illustrated above, transonic blades are susceptible to leading edge flow 
separation at off-design conditions where the incidence angles are large.  These flow 
conditions result in a degradation in machine performance.  Furthermore, at these 
conditions the blades are also prone to subsonic/transonic stall flutter.  Hence, an 
investigation of the influence of front camber on the stability of transonic compressor 
blades at off-design conditions is warranted. 
Therefore, the objective of this research is to investigate the effect of front camber 
on the stability of transonic compressor blades.  The particular airfoil to be used in this 
research is the NASA/Pratt & Whitney (P&W) airfoil that has been experimentally tested 
in the NASA Glenn Research Center Transonic Flutter Cascade for attached and 
separated flow conditions at high subsonic Mach numbers.  The two specific objectives 
of this research are: 1) identify the local unstable regions on the airfoil, and 2) investigate 
the influence of changes in leading edge geometry on airfoil stability. 
 
Literature Review 
Carta and St. Hilaire3 set up experiments to determine the stability of subsonic 
compressor airfoils using a cascade windtunnel. Sinusoidal pitching motion was used to 
simulate flutter. There were eleven blades in this linear cascade wind tunnel. Experiments 
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were conducted at reduced frequencies up to 0.193, incidence angles up to 10 degrees, 
and interblade phase angles from -60 degrees to 60 degrees. This investigation showed 
that interblade phase angle played a significant role on stability of oscillating blades.   
Carta3-5 showed that the unsteady flow is periodic in the cascade leading edge plane with 
incidence angles of 2º through 6º, and reduced frequencies between 0.072 and 0.151. His 
experiment also verified the significant effect of interblade phase angle on stability of 
oscillating blades in cascade. His experimental data had a good correlation with unsteady 
flow theory for nonzero thickness blades.  
Szechenyi and Girault’s6, 7 testing is on the effects of an airfoil oscillating on itself 
in a six airfoil blade cascade. The oscillation system generated torsional motion for the 
center airfoil in the cascade. Several factors, such as the incidence angle, Mach number, 
reduced frequency, and the chordal position of torsional oscillation axis, were tested at 
subsonic and transonic Mach numbers. These experiments showed that the unsteady 
pressures on the upper surface and in the leading edge region of airfoil, where the flow 
separation occurred, had a significant impact on stall flutter of the compressor blades.  
The NASA Glenn Research Center Transonic Flutter Cascade is a nine airfoil linear 
cascade that has been used to further our understanding of subsonic/transonic stall flutter of 
fan and compressor blades used in aircraft gas turbine engines.8, 9 The flow conditions were 
Mach numbers up to 0.8, reduced frequencies up to 0.6, and an interblade phase angle of 
180° with chordal incidence angles of 0° and 10° . For M=0.8, increasing the reduced 
frequency was found to be destabilizing in the leading edge region, but more stabilizing 
in the trailing edge region. For large mean incidence angles,10° , flow separation occurred 
  7
in the suction surface leading edge region. An unstable contribution to the work-per-cycle 
was found in the leading edge region. 
The development of computational models to predict the unsteady aerodynamic 
force on turbomachinery blades is an area of fundamental research interest.  Wu, Huff 
and Sankar10 compared three turbulence models: Baldwin-Lomax algebraic model, 
Johnson-King ODE model, and the two equation k-ε  model with law-of-the-wall 
boundary conditions, for the prediction of steady and unsteady aerodynamics. These 
models gave good correlation with experimental data for steady flows, while only fair 
correlation for unsteady flows. The two equation k-ε  model was not adequate for 
strongly separated flow. The Johnson-King ODE model was not proved to be good for 
strongly separated flow. 
Ekaterinaris and Platzer11 simulated unsteady, separated, high Reynolds number 
flow over an oscillating airfoil. The governing equation is a Reynolds-averaged Navier-
Stokes equation. Their turbulence model is the Baldwin-Barth model, which is a 
numerical robust and computationally efficient one-equation turbulence model. A high-
order, upwind biased numerical scheme was used. The prediction showed flow separation 
generated by pitch-up motion has a significant effect on the near wall flow and the 
development of the unsteady loads.  
Weber and Platzer12 used the Quasi-3D Reynolds-averaged Navier-Stokes 
equations with the Baldwin-Lomax turbulence model and the Baldwin-Lomax transition 
criterion to simulate the airfoil tested in the NASA Transonic Flutter Cascade (TFC).  
Numerical prediction of steady flow and oscillating airfoil measurements showed good 
correlations with Buffum et al.’s8, 9 experimental data for both low-incidence and high-
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incidence angle cases with M=0.5 and a reduced frequency of 0.8 or 1.2. However, the 
numerical prediction of unsteady flow work-per-cycle distribution failed for the high-
incidence angle case.  
To computationally analyze the steady and unsteady cascade flow, Swafford et al13 
developed a two-dimensional viscous and inviscid cascade flow code for both nonlinear 
steady and unsteady flow computation. This flow solver uses the Euler/Thin layer Navier-
Stokes equations with a modified version of the Baldwin-Lomax turbulence model.14 There 
is no transition model.  Gust and oscillating airfoil response can be computed. Capece’s15 
investigation showed that both the steady and unsteady flow prediction with incidence angle 
of 0° , reduced frequencies of 0.4 and 0.6, and interblade phase angle of 180° , had a good 
correlation with the experimental data.  Numerical solution of work-per-cycle contribution 
in the leading edge region was found to be more stable than the experimental data. 
To simulate the unsteady aerodynamic response of turbomachinery airfoils, a flow 
solver for turbomachinery was developed by Chen and Briley16.  This powerful three 
dimensional code was designed to solve the unsteady Reynolds-averaged Navier-Stokes 
equation with the k ε− turbulence model. It can analyze blade row interactions and 
oscillating airfoils. The grids used are multiblock structured grids with arbitrary block 
connectivity.  It uses MPI for parallel data communication over multiple processors.  Three 
methods were employed to solve unsteady blade-row interaction: simulating full sectors of 
blade-rows, simulating periodic sectors of blade-rows, solving within a single passage for 
each row with phase-lag boundary conditions.  The last method is the most efficient way to 
simulate unsteady blade-row interactions.  
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CHAPTER TWO 
 
GEOMETRY AND GRID GENERATION 
 
This chapter presents the geometry and grid generation techniques used in this research. 
 
Wind-Tunnel Geometry 
 Linear cascades are valuable test devices for fundamental research in 
turbomachinery steady and unsteady aerodynamics.   
 
The NASA Glenn Research Center (GRC) Transonic Flutter Cascade (TFC), 
Figure 2.1, is a nine airfoil linear cascade that has been used to further our understanding 
of subsonic/transonic stall flutter of fan and compressor blades used in aircraft gas 
turbine engines. The facility combines a linear cascade wind tunnel with a high-speed 
airfoil drive system. The high-speed airfoil drive system may drive any or all of the 
airfoils in controlled torsional oscillations at frequencies up to 550 Hz.  There are three 
Figure 2.1 NASA Glenn Research Center Transonic Flutter Cascade
Inlet 
Far Upstream Wall Pressure Taps
Upstream Wall Pressure Taps
Downstream Wall Pressure TapsTest Section with 9 Blades
Tail Boards
Dimension: mm 
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sets of static taps in the TFC: far upstream wall pressure taps, upstream wall pressure taps, 
and downstream wall pressure taps. These taps are set up to measure the sidewall static 
pressures in the cascade. 
Atmospheric air is drawn through honeycomb into a smoothly contracting inlet 
section and then into a rectangular duct that contains the test section. Tailboards 
downstream of the test section are adjusted to match the cascade exit flow angle. 
Downstream of the test section the air flows through a diffuser into an exhaust system.  
The cascade inlet is adjustable to permit a wide range of inlet flow angles to the test 
section.  Test section Mach numbers up to 1.15 are possible.  
Airfoil Geometry 
The airfoil cross-section is typical of those found in the tip region of transonic 
fans and compressors.  The airfoil and cascade geometry is presented in Figure 2.2 and 
Table 2.1.8 
 
Upper Surface 
C
Position 1n +  
Position 1n −  
Position n  
α  
η
ξ
Θ
SV
Cascade geometry 
α  
*( 0)θ <
LMT
t
V
Airfoil geometry 
Figure 2.2 Airfoil and cascade geometry and coordinate systems 
Lower Surface 
X  
Y
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Blade chord,                                           C  89.2 mm  
Leading edge camber angel,                  *θ  -6.2 dg 
Maximum thickness,                              maxt  0.048 C  
Location of maximum thickness,         LMT 0.625 C  
Stagger angle,                                         Θ  60.0 dg  
Number of blades in the cascade, 9 
Cascade solidity,                                   SC / 1.53 
Pitching axis,                            ( , )pitch pitchX Y (0.5 , 0.017 )C C−  
Blade height (Span length),                        h 95.9 mm  
 
There are two design variables used in this study to control airfoil shape, as 
illustrated in Figure 2.3. One is the airfoil leading edge camberline angle (θ ), and the 
other is the airfoil leading edge camberline height from the reference point (δ ). The 
reference point is the lowest point along the camberline. For this study, the airfoil 
thickness distribution is held constant. 
 
6.2
0.066
θ
δ
= −
=
?
Leading Edge 
Figure 2.3 Schematic diagram illustrating design variables used to control airfoil shape
Table 2.1 Airfoil and cascade parameters 
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Airfoil Geometry Modification 
This section presents the methods used to alter the shape of the airfoil through 
modifications in the airfoil front camber. 
 
 
As shown in Figure 2.4, there are three basic camberline cases: 
1) The baseline case where 6.2θ = − °  and 0.066δ =  
2) The zero camberline case where 0θ = ° and 0δ =  
3) The mirror camberline case where 6.2θ = ° and 0.066δ = −  
Using the leading edge camberline coordinates for each of these cases, a 
polynomial is generated as shown by Eq. 2.1 
2
1 2 3y b b x b x= + +  (2.1) 
Using the boundary conditions for θ  andδ , the initial value of the camberline leading 
L 
1θ  θ  
δ  
2θ  
arcS
Camberline Polynomial 
2 3
1 2 3 4y a a x a x a x= + + +  
Camberline Leading Edge Polynomial 
2
1 2 3y b b x b x= + +  
Figure 2.4 Schematic diagram showing method  
used to generate a change in the front camber of the NASA/P&W airfoil
Baseline Case 
Flat Camberline Case
Mirror Camberline Case 
Reference Point ( 1x , 1y ) 
Camberline Leading Edge ( 0x , 0y ) 
arcS
arcS  
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edge coordinates ( 0x , 0y ) are defined from Eq. 2.1. The significance of the initial value of 
leading edge location ( 0x , 0y ) will be discussed in more detail below. 
The camberline shape is represented by the third-order polynomial given below: 
2 3
1 2 3 4y a a x a x a x= + + +  (2.2) 
There are four boundary conditions used to determine the four coefficients: 
1) θ , the leading edge camberline angle, (it is the slope of the camberline at the leading 
edge);  
2) δ , the leading edge camberline height, (it is the height of the camberline leading 
edge from the reference point); 
3) Reference point location, which is the lowest point along the baseline case 
(NASA/P&W airfoil) camberline; and 
4) The slope at the reference point, which equals zero. 
Specifically, this equation yields the camberline leading edge point 
2 3
0 1 2 0 3 0 4 0 0y a a x a x a x yδ δ== + + + = +  
Using the reference point gives   
2 3
1 1 2 1 3 1 4 1y a a x a x a x= + + +  
The slope of the camberline at the leading edge is 
2
2 3 0 4 0tan 2 3a a x a xθ = + +  
The slope at the reference point gives 
2
2 3 1 4 1tan(0 ) 2 3a a x a x° = + +  
This procedure gives four equations for the four coefficients, 1a , 2a , 3a , 4a . 
Unfortunately, using this methodology, the arc length arcS of the camberline may change. 
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To overcome this difficulty, the 0x  defined previously from Eq. 2.1 is used as an initial 
value. Note that all other variables in these equations are known except for 0x . Hence, a 
search for 0x  is defined in the domain of ( 0x -0.1, 0x +0.5) to get the optimal 0x , which 
guarantees the constant arc length, .arcS   Finally, the optimal values for the four 
coefficients, 1a , 2a , 3a , 4a , are determined. 
Some examples of different airfoil shapes for various values of θ and δ  are 
shown in Figures 2.5 through 2.7. 
 
 
 
 
 Figure 2.6 Airfoil shape for 10θ °= − and 0.10δ =  
θ
δ  
10
0.10
θ
δ
°= −
=  
Figure 2.5 Baseline NASA/P&W airfoil shape 
θ  
δ  
6.2
0.066
θ
δ
°= −
=  
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Grid Classification 
In general, there are two basic types of grids, structured and unstructured, as 
illustrated schematically in Figure 2.8.  For structured grids, the local organization of the 
grid points and the form of the grid cells is generally defined and independent of position. 
An unstructured grid is defined such that the connection of the adjacent grid points varies 
from point to point. Unstructured grids can handle complex geometrical domains better 
than structured grids. Each structured grid point can be identified by its indices, such as 
( , )i j  in two dimensions and ( , , )i j k  in three dimensions. On the other hand, the 
unstructured grid points are not organized in an orderly format. Thus, the main difference 
between structured and unstructured grids is their identification of the points organizing 
the cells and their adjacent cells. 
 
Figure 2.7 Airfoil shape for 8.0θ °= − and 0.075δ = −  
θ  
δ  
8.0
0.075
θ
δ
°=
= −  
a) Structured Grid b) Unstructured Grid 
Figure 2.8 Grid classifications 21 
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Airfoil grids can be further categorized into three different types: O-grids, C-grids 
and H-grids, according to their approximate shapes. 
O-grids look like a polar grid as illustrated in Figure 2.9.  
 
C-grids are designed for airfoils, with circular grids in leading edge region as 
shown in Figure 2.10.  
 
H-grids are as shown in Figure 2.11, which has advantages for cascade 
computation. 
 
Grid Generator I: GUM-B 
GUM-B is a structured grid generator, developed at Mississippi State University. 
GUM-B uses a GUI as shown in Figure 2.12. The user can use the function panel to build 
Figure 2.11 Example of a H-type grid 
Figure 2.10 Example of a C-type grid 
Figure 2.9 Example of an O-type grid 
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entities with CAD and Topology tools, generate grids with Grid tools, redefine Grid 
properties with Viz tools, and initialize visualization with Utility tools. 
 
The grid can be multi-Block. A variety of control functions for the surface and 
volume elliptic solver are used to build the grid geometry. Internal CAD tools can define 
the geometry by curves and/or surfaces in GUM-B. Geometric wireframes can be 
constructed by a CAD tool in GUM-B. Grid properties are defined by the grid 
distribution. There are five basic distributions: uniform, Tanh, Sinh, Geometric, and 
Boundary layer.   Surface and volume grids are generated via transfinite interpolation. 
They may be elliptically smoothed and refined with fixed or floating interface boundaries. 
Boundary point distribution can control element sizes. 
Figure 2.13 is an example of the type of grids that can be generated using GUM-B. 
For illustration purposes, the grid is shown in the construction phase before grid 
smoothing has been applied. The airfoil is the two dimensional Baseline NASA/P&W 
Airfoil. Notice the grids are normal to the airfoil surface. 
 Figure 2.12 GUM-B interface 
 Graphics Window 
 Information Window
 Entity List Window
Function Panel
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GUM-B is a powerful tool capable of generating extremely complex grids.  
Figure 2.14 is a NASA GRC TFC three dimensional grid generated by GUM-B. 
 
Grid Generator II: TCGRID 
TCGRID (Turbomachinery C-GRID) is a three-dimensional grid generator for 
Blade section Leading edge  Trailing edge
Figure 2.13 Airfoil H-grids
(a)NASA GRC TFC grid in GUM-B 
Figure 2.14 NASA Glenn Research Center Transonic Flutter Cascade grids 
(b)NASA GRC TFC grid in Tecplot 
(d)NASA GRC TFC grid test section(c)Leading edge  (e)Trailing edge  
Far upstream
Upstream
Nine airfoils
Downstream
Far Downstream  
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turbomachinery, developed at the NASA Glenn Research Center.  It can generate both 
single-block grids and multi-block grids for a single periodic passage, which can be either 
C-grids or H-grids.  Linear cascade grids and annular grids can be created. 
Parametric cubic splines are employed to do all geometry manipulation.  An 
elliptic solver controls the grid spacing and the angles at the blade surface and outer 
periodic boundary to generate airfoil-to-airfoil grids.18  
A three dimensional NASA/P&W airfoil-to-airfoil linear cascade grid generated 
by TCGRID is shown in Figure 2.15. The grid size is ( 162) ( 65) ( 49)i j k= × = × = . The 
first grid from the airfoil solid surface is 410− .  
 
Two dimensional grids generated by TCGRID are shown in Figure 2.16. It is the 
mid-span slice from the three dimensional linear cascade grid.   The inlet boundary is one 
chord upstream of the leading edge and outlet boundary is one chord downstream of the 
trailing edge. The grid size is ( 162) ( 65)i j= × = .  The first grid from the airfoil solid 
 Figure 2.15 NASA/P&W airfoil-to-airfoil linear cascade grids 
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surface is 410−  yielding an average 0.6y+ ≈ . 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
 
Figure 2.16 Two dimensional NASA/P&W baseline airfoil 
  21
CHAPTER THREE 
 
COMPUTATIONAL MODEL AND DATA-THEORY CORRELATION 
 
 This chapter discusses the computational model and the methods used to correlate 
the experimental data with the computational results. 
NPHASE 
This computational model was designed to analyze two-dimensional steady and 
unsteady flows.  It can model both inviscid (Euler) and viscous (thin layer Navier-Stokes) 
flows. The Baldwin-Lomax14 algebraic turbulence model is used and there is no 
transition model. For flutter simulations, a time marching method is used with a 
deforming grid. This fully nonlinear computational model uses multiple airfoil passages 
in order to satisfy periodicity.  
Past investigators have adjusted the parameters in the Baldwin-Lomax model to 
achieve better agreement with the Cebeci and Smith model.19  NPHASE was originally 
developed using the parameters published by Baldwin-Lomax (except κ).  For this work 
the model parameters were updated based on the work of Chima, Giel, and Boyle.20 
Table 3.1 presents the original parameters used in NPHASE and the modeling constants 
used in this investigation. 
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Table 3.1 Turbulence model parameters. 
 
Model  
Parameter Baldwin-Lomax Modified 
Baldwin-Lomax 
k 0.41 0.40 
K 0.0168 0.0168 
Ccp 1.6 1.216 
Ckleb 0.3 0.646 
Cwk 0.25 1.00 
   
 
NPHASE is executed in a two-step process.  First, the steady flow field is 
determined.  Once the steady flow field is determined, the unsteady calculations can be 
initiated.  For this research the unsteady calculations were for an airfoil oscillating in a 
pitching motion around the mid-chord of the airfoil.  
Additional details on the numerical scheme and solution procedures for this 
computational model can be found in Swafford et al13 and Ayer and Verdon.21 
Data-Theory Correlation 
Fourier decomposition is used with the resulting first harmonic amplitude and 
phase angle used to determine the unsteady surface pressure coefficient from the 
simulated unsteady flow field, which is analogous to the methods used in the 
experiment.15  The first harmonic surface unsteady pressure coefficient is defined in 
Equation 3.1.  
1
2
1
( )p
in in
PC x
Vρ α= ′  (3.1) 
where   1P    is the first harmonic surface pressure, and 
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1α′  is the first harmonic of the airfoil pitching motion amplitude 
The surface unsteady pressure difference coefficient is the lower surface unsteady 
pressure coefficient minus the upper surface unsteady pressure coefficient, as shown in 
Equation 3.2. 
 (3.2) 
From thin airfoil arguments, the unsteady aerodynamic moment coefficient can be 
defined as Equation 3.3, 
 (3.3) 
where       
C is the airfoil chord, and 
/pitchx C is 0.5. 
Work-per-Cycle and Work Impulse 
The work-per-cycle for torsional (pitching) motion is given by the cyclic integral 
of the product of the real parts of the moment and differential pitch angle (Carta2). 
∫= RRdMW α  (3.4) 
Assuming sinusoidal torsional motion 
tie ωαα =  (3.5) 
( ) ( ( )) ( ( ))p p lower p upperC x C x C x∆ = −
1
0
pitch
M p
x x x xC C d
C C C C
⎛ ⎞ ⎛ ⎞= − ∆⎜ ⎟ ⎜ ⎟⎝ ⎠⎝ ⎠∫
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Implies 
)(sin ttdd R ωωαα −=  (3.6) 
where  
α  is complex, 
α  is an amplitude,  
2 fω π= , and 
f  is the airfoil oscillation frequency. 
Similarly, for the unsteady moment, 
ti
IR
ti eMiMeMM ωω )( +== , (3.7) 
where both M  and M  are complex, 
tMtMM IRR ωω sincos −= , (3.8) 
and MR and MI represents the real and imaginary parts of M, respectively. 
Substituting Equation 3.6 and 3.8 into Equation 3.4 gives 
∫ −−= π ωωαωω20 )()sin)(sincos( tdttMtMW IR  (3.9) 
and by orthogonality,  
IMW απ= . (3.10) 
This represents the aerodynamic work done by the fluid on the airfoil over a cycle 
of vibration.  A positive value, 0W > , indicates an unstable motion implying a net 
energy exchange from the fluid to the airfoil.  A negative value, 0W < , indicates a stable 
or damped motion. 
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Equation 3.10 can be rewritten in coefficient form by dividing through by  
2 2(1/ 2) V Cρ , 
R IW M R M
C C d Cα πα= =∫?  (3.11) 
IM
C is the imaginary part of MC , see Equation 3.3.  The work from the fluid to 
airfoil per cycle of oscillation is proportional to the imaginary part of the unsteady 
aerodynamic moment coefficient. Im( ) 0MC < indicates stability, and Im( ) 0MC >  
indicates instability. Thus, by examining the integrand of the unsteady aerodynamic 
moment coefficient, localized areas on the airfoil can be identified that contribute to airfoil 
instability.  The integrand of the unsteady aerodynamic moment coefficient will therefore be 
referred to as the Work Impulse and is defined by the equation given below. 
( ) pitch p
xx x xw C
C C C C
⎛ ⎞ ⎛ ⎞= − ∆⎜ ⎟ ⎜ ⎟⎝ ⎠⎝ ⎠
?  
(3.12) 
This type of information can be used to correlate local flow physics with airfoil instability.  
Moreover, designers can use this type of information to redesign unstable blades. 
Computational Procedures  
In this research it is desirable to be able to arbitrarily change the leading edge 
airfoil camberline angle, θ , and height, δ , to control the work impulse in the airfoil 
leading edge region.  The flow chart presented in Figure 3.1 shows the procedure used to 
determine the work impulse. First the airfoil surface coordinates are determined for a 
desired θ and δ  using the relationships presented in Chapter 2; recall that the original 
thickness distribution and camberline arc length are held as constants.  From these 
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surface coordinates the grid generator TCGRID was used to generate the two-
dimensional grids required by NPHASE.  The linear cascade input file option was used 
in TCGRID with the mid-span grid used for input to NPHASE.  
 
 
NPHASE Steady Flow Computation 
Source: ftn02, ver21a.in (steady), nphase 
Results: meanflow, meanflow.phantom, out.sflow 
NPHASE Unsteady Flow Computation 
Source: ftn02, ver21a.in (unsteady), unphase, plopts, vwopts 
Results: out.uflow, out.hist
Results: Work per cycle
Airfoil Surface Generation  
Generate the airfoil surface coordinates
2-D Grid Generation  
TCGRID Generate grids for NPHASE 
( ), ,w f x θ δ=?
Pressure Rat Solver 
Generate PRAT for NPHASE input file
Figure 3.1  Integration of computational models to determine the 
work impulse. 
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In order to maintain the desired Mach number and angle-of-attack at the inlet of 
the computational domain, the proper exit static pressure needs to be determined in the 
steady flow calculation.  In NPHASE the exit static pressure is normalized by the inlet 
stagnation pressure; this parameter is referred to as the pressure ratio, PRAT.  Hence, for 
each airfoil shape investigated, it is required to determine the appropriate exit static 
pressure to match the desired inlet conditions.  This is accomplished using the 'Pressure 
Rat Solver'. 
The 'Pressure Rat Solver' iteratively adjusts the exit static pressure until the input 
Mach number and angle-of-attack match the converged Mach number and angle-of-attack 
at the inlet plane.  
The Quadratic Interpolation method22 is used to search for the proper pressure 
ratio for each airfoil case. The iterative process is as follows: 
1) Initialize the search domain [ ],a b , the tolerance ε , and set 0k = . The 
search domain represents the range of pressure ratios over which the search 
will be conducted. 
2) Define three points in the search domain:   
[ ],a b : 1p a= , 3p b= , 2 ( ) / 2p a b= + ; 
3) Calculate        1 1 1( )out in inf f pα α α= − = −  
                       2 2 2( )out in inf f pα α α= − = −   
                       3 3 3( )out in inf f pα α α= − = −   
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where α  is the flow incidence angle relative to the stagger angle.  
Now define the three interpolation points: 1 1( , )p f , 2 2( , )p f , 3 3( , )p f  
4) Calculate [ ]1 3 1 3 1/( )C f f p p= − − ,   and 2 1 2 1 12
2 3
( ) /( )
( )
f f p p CC
p p
− − −= − ; 
5) If 2 0C = , then go to step 14; 
6) Calculate 4 1 2 1 20.5( / )p p p C C= + − ; 
7) If 4 1 3 4( )( ) 0p p p p− − < , then  go to step 14; 
8) Calculate 4 4 4( )out in inf f pα α α= − = − ; 
9) If if ε≤ , then output * ip p= ( 1,2,3,4i = ), stop; 
10) If 0k = , then go to step 12; 
11) If 2 4p p ε− ≤ , go to step 14; 
12) There are four possibilities for p and f : 
If 4 2p p> and 2 4f f> , then 1 2 1 2,p p f f= = , as shown in Figure 3.2(a), go to 
step 14; 
If 4 2p p> and 2 4f f≤ , then 3 4 3 4,p p f f= = , as shown in Figure 3.2(b), go to 
step 3; 
If 4 2p p≤ and 2 4f f> , then 2 3 2 3,p p f f= = , as shown in Figure 3.2(c), go to 
step 14; 
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If 4 2p p≤ and 2 4f f≤ , then 1 4 1 4,p p f f= = , as shown in Figure 3.2(d), go to 
step 3; 
13)  2 4 2 4, , 1p p f f k= = = , go to step 3 
14)  If 2 4f f≤ , then output 2*p p=  
15)  If 2 4f f> , then output 4*p p=  
2p  1p
(a) 
4 2
2 4
p p
f f
>
>
(b) 
4 2
2 4
p p
f f
>
≤
(c) 
4 2
2 4
p p
f f
≤
>  
(d)
4 2
2 4
p p
f f
≤
≤
4p  3p 2p  1p 3p  4p  
2p1p 3p4p2p  1p 3p4p  
2f 4f 2f 4f
2f  4f  2f4f
Figure 3.2 Domain decrease of quadratic interpolation method  
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Input , ,a b ε  
END PROGRAM 
Yes 
No 
1p a= , 3p b= , 2 ( ) / 2p a b= + , ( )i outi in i inf f pα α α= − = −
( 1,2,3i = ) 
0k =  
1 3 1 3 1( ) /( )C f f p p= − −  
2 2 1 2 1 1 2 3[( ) /( ) ] /( )C f f p p C p p= − − − −
Figure 3.3 Quadratic interpolation method flow chart 
2 0C =
4 1 2 1 20.5( / )p p p C C= + −  
4 1 3 4( )( ) 0p p p p− − >
4 4 4( )out in inf f pα α α= − = −
if ε≤
0k =
4 2p p ε− ≤
4 2f f<
Output 2*p p=  Output 4*p p=
2 4 2 4, , 1p p f f k= = =
3 4
3 4
p p
f f
=
=  
3 4
3 4
p p
f f
=
=
3 4
3 4
p p
f f
=
=
3 4
3 4
p p
f f
=
=
2 4f f> 2 4f f>
4 2p p>  
No 
No 
NoNo 
No 
No
No Yes
Yes Yes
Yes
Yes
Yes
Yes
Yes 
No
Output 2*p p=  
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A flow chart for the quadratic interpolation method is shown in Figure 3.3. 
An example of the application of this solver to find the pressure ratio for the 
baseline airfoil case is shown in Table 3.2.  For this case, 6.2θ °= −  and 0.066δ = , the 
inlet Mach number is 0.5, and the angle-of-attack, α , is 1°. Quadratic interpolation is 
employed to determine the proper pressure ratio for the search domain [0.75, 0.8]. The 
pressure ratio was found to be 0.77429998. 
Table 3.2 Pressure ratio convergence for the baseline NASA/P&W airfoil shape 
Iter. θ  δ  inMach  inα  Pressure ratio outMach  outα  
1 -6.2 °  0.066 0.5 1.0 0.75000000 0.50410002 0.30520001
2 -6.2 °  0.066 0.5 1.0 0.80000001 0.49540001 1.80799997
3 -6.2 °  0.066 0.5 1.0 0.77499998 0.49990001 1.02209997
4 -6.2 °  0.066 0.5 1.0 0.77399999 0.50000000 0.99330002
5 -6.2 °  0.066 0.5 1.0 0.76999998 0.50070000 0.87220001
6 -6.2 °  0.066 0.5 1.0 0.77359998 0.50010002 0.98119998
7 -6.2 °  0.066 0.5 1.0 0.77429998 0.50000000 1.00199997
Once the pressure ratio is determined and the steady flow field calculated, the 
unsteady solution sequence for pitching motion can be initiated.  From the oscillating 
airfoil solution, the work-per-cycle and the work impulse are determined as discussed 
above. 
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CHAPTER FOUR 
 
AIRFOIL MODIFICATIONS TO ENHANCE FLUTTER STABILITY 
 
 This chapter presents the methods used to determine the optimal airfoil shape. 
Objective Function 
The overall objective of this research is to investigate the effect of front camber 
on the stability of transonic compressor blades.  In particular, the objectives are: 1) 
identify the local unstable regions on the airfoil, and 2) investigate the influence of 
changes in leading edge geometry on airfoil stability. 
Based on these objectives, the work impulse defined in Equation 4.1 will be utilized 
to indicate local areas on the airfoil that contribute to airfoil instability and to determine 
the effectiveness of airfoil front camber modifications on airfoil stability.  
( , , ) (0.5 )Ipw x C xθ δ = ∆ −?  (4.1) 
Recall, 
I
pC∆   is the imaginary part of surface pressure coefficient 
C  is the blade chord 
x  is the dimensionless chordwise coordinate, normalized by the airfoil chord, 
θ  is the leading edge camber angle,  
δ  is the leading edge camber height, and 
0.5 is the pitching axis location. 
Furthermore, from the discussion in Chapter 3, the work-per-cycle can be used to 
determine airfoil stability.  W >0 indicates an unstable motion and W <0 indicates a 
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stable motion. Hence, the work impulse can be used to determine local areas on the 
airfoil contributing to instability, i.e., ( , , )w x θ δ?  > 0.   
The emphasis of this study is to investigate the influence of front camber on 
airfoil stability. As shown in Figure 4.1, the leading edge region will be defined as being 
from the leading edge to the mid-chord (x = 0.5).  Note that if all the work impulses are 
negative the airfoil system is stable and from Equation 4.1 the work impulse is always 
zero at point 0.5x = . Due to the interest in the separation region and its influence on 
stability, the stability of the leading edge region will be the focus of this study.  Hence, 
airfoil leading edge camber changes will be made to stabilize the airfoil. The airfoil with 
the smallest shape changes will define the optimal values of θ and δ.  
 
The objective is to minimize the changes in the airfoil shape and achieve stability,  
Minimum baselineθ θ θ∆ = −  
or Minimum baselineδ δ δ∆ = −  
(4.2) 
(4.3) 
Figure 4.1 Schematic indicating the different airfoil domains 
0.5x = 1x =0x =  
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where it is desired to have a negative work impulse in the leading edge region. Results 
will be presented for an inlet Mach number of 0.5, a reduced frequency of 0.4, an 
interblade phase angle of 180? , and an angle-of-attack of 10? . 
 
Design Variables 
In the objective function, there are two design variables that can be controlled: θ , 
the leading edge camber angle, and δ , the leading edge camber height, which are 
illustrated in Figure 4.2. The leading edge camber angle (θ) is the acute angle from the 
horizontal axis to the tangent of camberline at the airfoil leading edge where 
counterclockwise is positive. The leading edge camber height (δ) is the vertical distance 
from the camberline leading edge to the reference point.  
 
The optimization starting point is the domain (θ, δ) = (-6.2º, 0.066). The airfoil 
modification routine is described in detail in Chapter 2. 
Leading Edge 
Figure 4.2 Baseline (NASA/P&W) airfoil shape 
6.2
0.066
θ
δ
= −
=
?
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Computational Resources 
Figure 3.1 illustrates the computational models used in this study. The 
computational models used are: airfoil surface generator, grid generator TCGRID, 
Pressure Rat solver, NPHASE steady flow solver, NPHASE unsteady flow solver, and 
Work Impulse solver.  Due to the functions of the different models, the computational 
times vary greatly, as presented in Table 4.1.  
 
 
Solver Time consumption 
Airfoil Surface Generator < 1 minute 
Grid Generator TCGRID < 1 minute 
Pressure Rat Solver ≤ 5 hours 
NPHASE Steady Flow Solver ≤ 2 hours 
NPHASE Unsteady Flow Solver ≤ 3 hours 
Work Impulse Solver < 1 minute 
Total ≤ 11 hours 
 
Table 4.1 shows that the Pressure Rat Solver, the NPHASE Steady Flow Solver, 
and the NPHASE Unsteady Flow Solver require most of the computational time. Hence, 
decreasing the computational time is crucial in searching for the optimal airfoil shape.   
Two methods were investigated.  The first is the interior penalty function method 
and the second is the enumerate search method. Due to computational requirements the 
interior penalty function method is very time-consuming, as will be shown below. 
Therefore, the enumerate search method was found to be more feasible for this project. 
Both methods are described below. 
Table 4.1 Computational times for the different computer codes 
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INTERIOR PENALTY FUNCTION METHOD 
For the two design variables the Interior Penalty Function Method23 can determine 
the stabilizing work impulse in the leading edge region, which in this case would be the 
work impulse being equal to or less than zero. The objective function can be modeled as 
the minimum baselineθ θ θ∆ = −  or the minimum baselineδ δ δ∆ = −  in the leading edge 
region when w(x, θ, δ) ≤ 0.  Since θ , leading edge camber angle, and δ , leading edge 
camber height, are airfoil shape parameters, their values cannot be extremely large or 
small to avoid distorted airfoil shapes.  Constraints are used to control the airfoil shape 
parameters so that the shape is feasible. For example, extremely large values of θ  as 
illustrated in Figure 4.3, and large values of δ  as shown in Figure 4.4, may cause 
problems. To avoid these difficulties the optimal value that involves the smallest changes 
in airfoil shape are sought. The interior penalty function method is one way to optimize 
the airfoil shape for stability considerations and overcome this problem. 
 
The domains for θ and δ are defined in Equations 4.4 and 4.5. 
                                                     min maxθ θ θ≤ ≤                                             (4.4) 
                                                    min maxδ δ δ≤ ≤                                             (4.5) 
For minimum shape changes, this optimization problem is modeled as:  
Figure 4.3 
60 and 0.066θ δ°= − = airfoil shape
Figure 4.4 
6.2 and 0.50θ δ°= − = airfoil shape
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Objective function:  
baselineθ θ θ∆ = −  or baselineδ δ δ∆ = −                                     (4.6) 
Constraints:  
 1 min 0g θ θ= − ≤                                                                        (4.7) 
 2 max 0g θ θ= − ≤                                                                       (4.8) 
3 min 0g δ δ= − ≤                                                                       (4.9) 
4 max 0g δ δ= − ≤                                                                     (4.10) 
[ ]5 0~0.5Max ( , , ) 0xg w x θ δ == ≤?                                              (4.11) 
The feasible solution domain is taken as: ( 10 ,10 )θ ∈ − ° °  and ( 0.10,0.15)δ ∈ −  
For an optimization problem, whose objective function ( , )f θ δ  is constrained by 
( , )g θ δ , the interior penalty method’s penalty function is constructed as follows, 
( ) ( )
1
1( , ) ( )
( )
m
k k
i i
X r f X r
g X
ϕ
=
= − ∑                             (4.12) 
where     [ , ]X θ δ=  
           ( )f X  objective function 
  ( )ig X  constraint function ( 1,2...,i m= ) 
             ( )kr  penalty factor in k th iteration 
             m    number of constraints 
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The optimal point ( )*( )kX r  and the optimal value ( )( *, )kX rϕ  are functions of the 
penalty factor ( )kr . Furthermore, when the penalty factor is a descending array of the 
form (1) (2) ( )... kr r r< < < , the extreme point of the penalty function will approach the 
optimal point of the objective function in a feasibly constraint domain gradually as 
illustrated schematically in Figure 4.5. 
 
The penalty function method uses different penalty factors to construct sequential 
unconstrained penalty functions in each iteration to search for the optimum point of these 
penalty functions. The interior penalty function method searches for the optimum point in 
the defined feasible domain. 
The interior penalty function method requires at least nine maximum work impulse 
values for every iteration.  For each work impulse computation, approximately 11 hours 
are necessary to get one work impulse. Therefore, it takes about 99 hours to finish one 
iteration.  If the interior penalty function method converges in 10 iterations, the total time 
consumed is about 990 hours, i.e. approximately 41 days. Due to the huge time 
requirements, this method ultimately was not used. 
(0)r  
(1)r
(2)r  
(3)r  
(4)r  
Figure 4.5 Interior penalty method convergence 
( )( , )kX rϕ
Optimal  Point 
ig  
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ENUMERATE SEARCH METHOD 
The enumerate search method is used to search for the optimal shape of the airfoil. 
It is a simple way to get the optimal shape. Assume the airfoil changes are a small change 
from the baseline case. A fixed step length can be used to search for the optimal airfoil 
shape. For each iteration, just one work impulse calculation is needed. So it takes about 
275 hours to finish an optimal shape search, i.e. approximately 11 days. Compared with 
the interior penalty function, the computational time is decreased substantially. 
The enumerate search method starts with the baseline case and changes θ with a 
fixed δ , or changes δ  with a fixed θ . There are three basic reasons for using this 
approach: 
1) The optimal shape may be reached with just one variable change. 
2) The effect of two variables on airfoil stability can be compared to determine 
which one, θ  or δ , has more effect on airfoil stability. 
3) Unfeasible airfoil shapes can be avoided. 
Figure 4.6 shows this method for searching for the optimal θ with fixed δ  
(Baseline value of δ ).  The basic algorithm is as follows: 
1. Start from the initial point ( 0 0,θ δ ) for the baseline case (original airfoil shape); 
2. Initialize the step length θ∆ , and set 0n =  
3. Search for a stable case, whose maximum work impulse is zero in both the 
0n nθ θ θ= + ∆ ⋅  and 0n nθ θ θ= − ∆ ⋅  directions. 
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4. If ( )max , ,w x θ δ? = 0, go to step 5 to search for a more accurate optimal θ  
within the domain 1[ , ]n nθ θ− .  If ( )max , ,w x θ δ? ≠ 0, 1n n= + , go to step2. 
5. Decrease the step size to /10θ θ∆ = ∆ , 1k = . 
6. Search for a stable case, whose maximum work impulse is zero, 
1k n kθ θ θ−= − ∆ ⋅  (if 0kθ θ≤ ) and 1k n kθ θ θ−= + ∆ ⋅  ( 0kθ θ> ) directions. 
7. If ( )max , ,w x θ δ? = 0, go to step 8.  If ( )max , ,w x θ δ? ≠ 0, 1k k= + , and go to step 
6. 
8. If θ ε∆ ≤  tolerance, then go to step 9, otherwise go to step 5. 
9. Output optimal * kθ θ=  
For example, searching for the optimal value of θ  from the baseline configuration, 
change θ  to θ θ± ∆ , 2θ θ± ∆ , 3θ θ± ∆ , 4θ θ± ∆ …, until w(x, θ, δ) = 0. If the stable 
case obtained is nθ θ± ⋅ ∆ , decrease the step size (∆θ) so a more accurate optimal θ  is 
found in the domain 1[ , ]n nθ θ− . This can guarantee the smallest airfoil shape changes. 
Figure 4.7 shows the results when searching for the optimal value of θ holding δ fixed.  
As illustrated in Figure 4.7, the leading edge camber angle is moved to larger negative 
values.   
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Start point ( )0 0,θ δ  
Input   ( )0,nθ δ  
( , , )nw f x θ δ=?
/10θ θ∆ = ∆ ； 1 1n kθ θ− −=  
1k =
max 0w =?
0kθ θ≤
END PROGRAM 
No 
Yes 
Yes No 
Step length θ∆  
0n =  
0n nθ θ θ= ± ∆ ⋅  
1k n kθ θ θ−= − ∆ ⋅  1k n kθ θ θ−= + ∆ ⋅  
Input   ( )0,kθ δ  
max ( , , )kw f x θ δ=? ， 1k k= +  
max 0w =?
Yes 
No 
No 
θ ε∆ ≤
Yes 
* kθ θ=  
Figure 4.6   Optimal θ search method flow chart 
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Figure 4.8 is the search method for optimal δ with fixed θ (Baseline value of θ ). 
The basic algorithm is as follows: 
1. Start from the initial point ( 0 0,θ δ )  for the baseline case (original airfoil shape). 
2. Initialize the step length δ∆ , 0n = . 
3. Search for a stable case, whose maximum work impulse is zero in both the 
0n nδ δ δ= + ∆ ⋅  and 0n nδ δ δ= − ∆ ⋅  directions. 
4. If ( )max , ,w x θ δ? = 0, go to step 5 to search for a more accurate optimal θ  within the 
domain 1[ , ]n nδ δ− .  If ( )max , ,w x θ δ? ≠ 0, 1n n= + , go to step2. 
5. Decrease the step size to /10δ δ∆ = ∆ , 1k = . 
0.066δ =  
Red: θ  
Green: θ∆  
Figure 4.7 Enumerate search method for optimal θ .
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6. Search for a stable case, whose maximum work impulse is zero, 1k n kδ δ δ−= − ∆ ⋅  
(if 0kδ δ≤ ) and 1k n kδ δ δ−= + ∆ ⋅  ( 0kδ δ> ) directions. 
7. If ( )max , ,w x θ δ? = 0, go to step 8.  If ( )max , ,w x θ δ? ≠ 0, 1k k= + , go to step 6. 
8. If δ ε∆ ≤  tolerance, then go to step9, otherwise go to step 5. 
9. Output optimal * kδ δ= . 
For example, searching for the optimal δ  from the baseline configuration, δ is 
changed δ δ± ∆ , 2δ δ± ∆ , 3δ δ± ∆ , 4δ δ± ∆ …, until ( )max , ,w x θ δ? = 0. If the stable 
case is nδ δ± ⋅ ∆ , decrease step size to find a more accurate optimal δ  in the search 
domain of 1[ , ]n nδ δ− . This guarantees the smallest airfoil shape changes. The plot of this 
case is shown as Figure 4.9. 
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Start point ( )0 0,θ δ  
Input   ( )0 , nθ δ  
max 0( , , )nw f x θ δ=?
/10δ δ∆ = ∆ ； 1 1n kδ δ− −=  
1k =
max 0w =?
0kδ δ≤
END PROGRAM 
No 
Yes 
Yes No 
Step length  δ∆  
0n =  
0n nδ δ δ= ± ∆ ⋅  
1k n kδ δ δ−= + ∆ ⋅ 1k n kδ δ δ−= − ∆ ⋅
Input   ( )0 , kθ δ  
max 0( , , )kw f x θ δ=? ， 1k k= +  
max 0w =?
Yes 
No 
No 
δ ε∆ ≤
Yes 
* kδ δ=  
Figure 4.8 Optimalδ search method flow chart. 
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Figure 4.9 Enumerate search method for optimal 
(Optimalδ )
6.2θ = −  
Red: δ  
Green: δ∆
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CHAPTER FIVE 
 
RESULTS 
 
Flow Conditions 
 Results will be presented for chordal incidence angles (α ) of  0° and 10° at the inlet 
Mach number (M) of 0.5. 8, 9 These angles are based on the cascade inlet angle relative to the 
airfoil chord-line (see Figure 2.2); upstream flow angle measurements were not made in the 
experiments. Unsteady data will be presented for a 180° interblade phase angle (σ) and a 
reduced frequency ( / 2 ink C Vω= ) of 0.4.  For all cases the airfoils are oscillated in a pitching 
(torsional) motion about the mid-chord at an oscillation amplitude of 1.2°.  All data-
computation correlations are referenced by the experimental value of the chordal incidence 
and inlet Mach number. The Reynolds number based on chord was 0.9x106. 
The baseline case, which consists of the original coordinates from the 
NASA/P&W airfoil and a simulated baseline case resulting from calculating the airfoil 
shape using the original airfoil θ  and δ  are presented to verify the airfoil modification 
methodology. This was done for both chordal incidence angles. 
For the large mean incidence condition, the optimal θ  with baseline δ case and 
the optimal δ  with baseline θ  case, which stabilize the leading edge region, are 
presented next.  Finally, the case where 0θ = °  and 0δ =  is presented for both chordal 
incidence angles. Two-dimensional grids are used with 162 grids in the axial direction 
and 65 grids in the circumferential direction (162x65).  To establish grid independency, 
results from the 162x65 grid are compared with results from a 181x81 grid and a 
301x121 grid.   
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Finally, some comments on the computational hardware and software. The 
computational hardware configuration used was dual AMD Athlon MP 2000+ processors 
with 2 Gigabytes of DDR ECC ram, and two Maxtor 60 Gigabyte hard drives. The 
operating system used was a modified Linux kernel version 2.6.1 with SMP (symmetric 
multiprocessor) and gcc compiler version 3.2.3, MPI software using MPICH version 
1.2.5.2. 
 
Baseline Case: Steady Flow for 0α °=  
The baseline case uses the original surface coordinates for the NASA/P&W airfoil. 
The airfoil shape is illustrated in Figure 5.1. 
 
The cascade inlet flow angle was varied until the best match was found between 
the steady chordwise pressure coefficient data ( 2( ) /( )p in in inC P P Vρ= − ) and the predictions. 
This resulted in a 1o chordal incidence angle being used in all the presented flow solutions. 
Computations were conducted on three grids.  The grid sizes were 181x81, 301x121, and 
162x65.  The convergence history for the lift coefficient and the absolute value of the 
average density residual are presented in Figures 5.2 and 5.3, respectively.  
Figure 5.1 Baseline NASA/P&W airfoil shape 
θ  
δ  
6.2
0.066
θ
δ
°= −
=  
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 (a) Grid size:301x121 
 (b) Grid size:181x81 
Figure 5.2 Lift coefficient convergence history for the low incidence baseline case 
(c) Grid size: 162x65
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 (b) Grid size: 181x81 
Figure 5.3 Absolute value of the average density residual  
convergence history for the low incidence baseline case 
(c) Grid size: 162x65
 (a) Grid size: 301x121 
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For each grid, it is seen that the density residual is less than 810−  and the lift 
coefficient has stabilized. These are indications of a converged solution. Future results 
will present the convergence history of the lift coefficient for steady flow computations 
with the convergence history of the average density residual being typical of what is seen 
in this case. 
Figure 5.4 presents the correlation of the predicted steady surface pressure 
coefficient with the experimental data. The correlation of the predictions with the 
experimental data shows there is a deviation with the experimental data along the upper 
(suction) surface in the leading edge region where the flow is separated. The larger grid 
gives a slightly higher pressure coefficient in the separation region, but yields a slightly 
smaller separation region than the 181x81 and 162x65 grid. 
The predicted reattachment point for the three grids is given in Table 1. The extent 
of the computed separation zone is shown in Figure 5.5, which presents contours of uρ . 
For the 181x81 and 301x121 grids, the reattachment point is at 6.7% and 5.1% of chord, 
respectively, whereas the reattachment point is at 10.5% of chord for the relatively small 
size grid. For computational accuracy, a large size grid is preferred. The more accurate 
results come from the denser grids. However, the larger the grid size, the more 
computational time needed. Thus, for computational efficiency (less computational time), 
a small grid size is preferred. To guarantee reasonable computational accuracy and  
efficiency, a grid size of 162×65 is sufficient for the computations presented below. 
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Table 5.1 Influence of grid resolution on reattachment point 
for the low incidence baseline case 
Airfoil Case Grid Size Separation point Reattachment point 
NASA/P&W 181x81 0.005x C=  0.067x C=  
NASA/P&W 301x121 0.005x C=  0.051x C=  
NASA/P&W 162x65 0.005x C=  0.105x C=  
 
Figure 5.4 Low incidence baseline case steady surface pressure 
coefficient distribution
0.50
0
6.2
0.066
M
α
θ
δ
°
°
=
=
= −
=
Baseline Experimental Data 
Baseline Case (Grid size: 162x65) 
Baseline Case (Grid size: 181x81) 
Baseline Case (Grid size: 301x121)
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(b) Grid size: 301x121
(c) Grid size: 162x65
Figure 5.5 Low incidence baseline case uρ contours  
(a) Grid size: 181x81
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Baseline Case: Unsteady Flow for 0α °=  
The effect of time step was investigated for the low incidence angle case.  The grid 
size of 181x81 was used for this study.  Figure 5.6 presents the NPHASE predicted work-
per-cycle for 512 points-per-cycle, 1024 points-per-cycle and 2048 points-per-cycle. These 
results indicate that the work-per-cycle is constant after the second oscillation cycle and 
there are negligible differences in the work-per-cycle with time-step for the values selected. 
Furthermore, for this flow condition 1024 points-per-cycle is sufficient for the unsteady 
simulations, which was used in all subsequent calculations.  
 
The first harmonic pressure coefficients are shown in Figure 5.7.  The lower 
surface response is dominated by Re(Cp) forward of midchord. The upper surface 
pressure coefficients are affected by the separation with slightly larger pressure 
fluctuations over the first quarter of the airfoil. The predictions show excellent trendwise  
6.2
0.066
θ
δ
°= −
=
 
Figure 5.6 Work-per-cycle for the low incidence case 
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 (a) Lower surface  
0.50
0.40
180
6.2
0.066
M
k
σ
θ
δ
°
°
=
=
=
= −
=
 
Figure 5.7 Low incidence baseline case first harmonic  
unsteady surface pressure coefficient distribution 
 (b) Upper surface 
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agreement with the experimental data. However, the imaginary part of the lower surface is 
underpredicted.  
 
Baseline Case and Simulated Baseline Case: Steady Flow for 0α °=  
The baseline case uses the original surface coordinates for the NASA/P&W airfoil, 
see Figure 5.1. The simulated baseline case uses airfoil surface coordinates generated by 
the airfoil surface generation code as illustrated in Figure 5.8. 
The simulated baseline case had a leading edge camber angle of 6.2°−  
and 0.066δ = . Once the simulated baseline case is verified, airfoils can be modified to 
get defined shapes where the unstable work impulse is stabilized in the leading edge 
region. 
 
The 1o angle-of-attack, which was established in the previous section as giving the 
best correlation with the experimental results, was used for these solutions. The 
convergence history for the lift coefficient is presented in Figures 5.9. Figure 5.9 shows 
that after the initial transients from the assumed uniform flow used for the initial 
condition, the lift coefficient reaches a steady value after approximately 6000 iterations. 
Figure 5.8 Simulated baseline airfoil shape 
θ  
δ  
6.2
0.066
θ
δ
°= −
=  
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Figure 5.10 presents the correlation of the predicted steady surface pressure 
coefficient with the experimental data. For the simulated baseline case, the reattachment 
point was predicted to be at approximately 8.19% chord, which is slightly lower than the 
baseline case (see Table 5.1) for the 162x65 grid.  
 
 
 
Figure 5.9 Lift coefficient convergence history  
for baseline and simulated baseline cases for the low incidence angle condition
0.50
10
6.2
0.066
M
α
θ
δ
°
°
=
=
= −
=
 
Grid size: 162x65 
Baseline Experimental Data 
Baseline Case 
Simulated Baseline Case 
Figure 5.10 Baseline and simulated baseline case steady     
      surface pressure coefficient distribution for the low incidence angle case
 (a) Baseline Case (Grid size: 162x65)  (b) Simulated Baseline Case (Grid size: 162x65)
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Baseline Case and Simulated Baseline Case: Unsteady Flow for 0α °=  
For the unsteady flow computation, mC converges to a sinusoidal type wave shape 
for both the baseline case and the simulated baseline case, as shown in Figure 5.11. 
 
The work-per-cycle converged to -1.39 for the baseline case and -1.36 for the 
simulated baseline case, as illustrated in Figure 5.12. 
 
 
The first harmonic unsteady surface pressure coefficient is presented in Figure 
5.13. Both configurations have similar correlations with the experimental data as was  
Figure 5.11 Baseline and simulated baseline case 
         time dependent moment coefficient  for the low incidence angle case
 (a) Baseline case (grid size: 162x65)  (b) Simulated baseline case (grid size: 162x65) 
Figure 5.12 Baseline and simulated baseline case work-per-cycle  
for the low incidence angle case
 (a) Baseline case (grid size: 162x65)  (b) Simulated baseline case (grid size: 162x65) 
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 (a)  Lower surface   
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(b) Upper surface 
Baseline Experimental Data 
Baseline Case (162x65) 
 Simulated Baseline Case (162x65) 
Baseline Experimental Data 
Baseline Case (162x65) 
Simulated Baseline Case (162x65) 
Figure 5.13 Baseline and simulated baseline case first harmonic unsteady surface 
pressure coefficient distribution for the low incidence angle condition 
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found above. Also, note that the baseline case and the simulated baseline case have good 
correlation with each other.  
For the work impulse, although both computational predictions are slightly 
below the experimental data, but exhibit good trendwise agreement as shown in Figure 
5.14. The simulated baseline case simulation is close to the baseline case simulation. 
From the work impulse for the experimental data, it can be clearly seen, the baseline case 
is unstable in leading edge region. These results validate the airfoil geometry generation 
routines.  
 
 
 
 
 
Figure 5.14 Baseline and simulated baseline case work-impulse  
for the low incidence angle condition 
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Grid size: 162x65
Baseline Experimental Data
Baseline Case 
Simulated Baseline Case 
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0 and 0θ δ°= =  Case: Steady Flow for 0α °=  
The 0 and 0θ δ°= =  case is the case that yields a stable work impulse function 
with both leading edge camber height changes and leading edge camber angle changes, 
see Figure 5.15.  
 
The lift coefficient convergence history is shown in Figure 5.16, which indicates a 
converged steady flow solution. 
 
Figure 5.15 Airfoil shape for the 0 and 0θ δ°= = case  
0
0
θ
δ
°=
=  
Figure 5.16 Lift coefficient convergence history for 
the low incidence 0 and 0θ δ°= = case 
Grid size: 162x65
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Figure 5.17 shows there is an obvious change for the 0 and 0θ δ°= =  case steady 
surface pressure coefficient, pC , compared with experimental data and baseline case. The 
pC  increases in the leading edge of both the pressure and suction surfaces and decreases 
along the chord downstream of the leading edge compared to the baseline case.  
 
 
0 and 0θ δ°= =  Case: Unsteady Flow for 0α °=  
For airfoil oscillation, mC converges to a sine wave type shape as shown in Figure 
5.18, and 
Figure 5.17 Low incidence 0 and 0θ δ°= =  case 
 steady surface pressure coefficient distribution 
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Baseline Experimental Data 
Baseline Case (162x65) 
0 , 0θ δ°= =  Case (162x65) 
0 , 0θ δ°= =  Case (301x121) 
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the work-per-cycle converges to a cycle independent value after two oscillation cycles, 
see Figure 5.19. 
 
Figure 5.20 illustrates there is distinct difference between the baseline case and 
the 0 and 0θ δ°= =  case for the unsteady lower surface pressure coefficient and the 
unsteady upper surface pressure coefficient. Additionally, there is good agreement 
between the two different grid sizes. 
 
Figure 5.18 Time-dependent moment coefficient for  
the low incidence 0 and 0θ δ°= = case
Grid size: 162x65
Figure 5.19 Work-per-cycle for the low incidence 0 and 0θ δ°= =  case  
Grid size: 162x65
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Figure 5.20  First harmonic surface pressure coefficient  
distribution for the low incidence 0 and 0θ δ°= = case 
(b) Upper surface
 (a) Lower surface 
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Baseline Experimental Data 
Baseline Case (162x65) 
0 , 0θ δ°= =  Case (162x65) 
0 , 0θ δ°= =  Case (301x121) 
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The work impulse, Figure 5.21, shows the 0 and 0θ δ°= =  case is stable in the 
leading edge region. As depicted in Figure 5.22, for the 162x65 grid, the flow separation 
point is at 0.9% of chord and the flow reattachment point is at 1.45% of chord. And for 
the 301x121 grid, the flow separation point is at 0.9% of chord and the flow reattachment 
point is at 1.32% of chord. This is compared with the simulated baseline case whose 
reattachment point is 10.5% of chord for the 162x65 grid. Hence, the flow separation 
region is significantly decreased. 
 
 
 
 
Figure 5.21 Work-impulse for the low incidence 
0 and 0θ δ°= = case 
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Baseline Experimental Data 
Baseline Case (162x65) 
0 , 0θ δ°= =  Case (162x65) 
0 , 0θ δ°= =  Case (301x121) 
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(b) Grid size:162x65
 (a) Grid size: 301x121
Figure 5.22 Low incidence 0θ °= and 0δ =  airfoil case uρ  contours 
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Baseline Case: Steady Flow for 10α °=  
The baseline case uses the original surface coordinates for the NASA/P&W airfoil. 
The airfoil shape is illustrated in Figure 5.1. 
The cascade inlet flow angle was varied until the best match was found between the 
steady chordwise pressure coefficient data (
pC ) and the predictions. This resulted in a 7.5
o  
chordal incidence angle being used in all the presented flow solutions. Computations 
were conducted on three grids.  The grid sizes were 181x81, 301x121, and 162x65.  The 
convergence history for the lift coefficient is presented in Figures 5.23.  
Figure 5.24 presents the correlation of the predicted steady surface pressure 
coefficient with the experimental data. The correlation of the predictions with the 
experimental data shows there is a deviation with the experimental data along the upper 
surface in the leading edge region where the flow is separated. The larger grid gives a 
slightly higher pressure coefficient in the separation region, but yields the same 
reattachment point as the 181x81 grid. 
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 (a) Grid size: 301x121 
 (b) Grid size: 181x81 
Figure 5.23 Lift coefficient convergence history for the high incidence baseline case 
(c) Grid size: 162x65
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Flow visualization at midspan in the cascade indicated the flow was separated 
from the leading edge to about 40% of chord. The deviation of the predicted reattachment 
point with the experimental data is attributed to the turbulence model and the lack of a 
transition model. The predicted reattachment point for the three grids is given in Table 
5.2. The extent of the computed separation zone is shown in Figure 5.25, which presents 
contours of uρ . 
Table 5.2 Influence of grid resolution on high incidence reattachment point 
 for the high incidence baseline case 
Airfoil Case Grid Size Separation point Reattachment point 
NASA/P&W 181x81 0.005x C=  0.500x C=  
NASA/P&W 301x121 0.005x C=  0.500x C=  
NASA/P&W 162x65 0.005x C=  0.536x C=  
 
Figure 5.24 High incidence baseline case  
steady surface pressure coefficient distribution 
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(a) Grid size: 181x81
Figure 5.25 High incidence baseline case uρ contours  
(c) Grid size: 162x65
 (b) Grid size: 301x121 
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For the 181x81 and 301x121 grids, the reattachment point is at 50% of chord 
whereas the reattachment point is at 53.6% of chord for the relatively small size grid 
(162x65). For computational efficiency, the grid size of 162×65 is sufficient for the 
computation presented below.  
 
Baseline Case: Unsteady Flow for 10α °=  
The effect of time step was investigated for this case.  The grid size of 181x81 was 
used for this study.  Figure 5.26 presents the NPHASE predicted work-per-cycle for 1024 
points per cycle, 2048 points-per-cycle, and 4096 points-per-cycle. These results indicate 
that the work-per-cycle is constant after the second oscillation cycle and there are negligible 
differences in the work-per-cycle with time-step for the values selected. Furthermore, for 
this flow condition 1024 points-per-cycle is sufficient for the unsteady simulations, which 
was used in all subsequent calculations.  
The first harmonic unsteady surface pressure coefficients are shown in Figure 
5.27.  The lower surface response is dominated by Re(Cp) forward of midchord. Also, the 
imaginary part of the lower surface is underpredicted. The upper surface pressure 
coefficients are affected by the separation with large pressure fluctuations over the first 
half of the airfoil. The predictions show trendwise agreement with the experimental data. 
However, the predicted upper surface imaginary part is larger than the experimental data. 
Similary results have been found by Siden23 using the Baldwin-Lomax turbulence model 
when simulating subsonic unsteady separated flow generated from midchord pitching 
oscillations at large incidence angles for the Fifth Standard Configuration.24 The reported 
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results exhibited larger predicted pressure fluctuations in the separation zone than the 
experimental data, as illustrated for the present case.  
 
The predictions exhibit excellent trendwise agreement with the experimental data. 
While the magnitudes are overpredicted the calculated airfoil leading edge camber changes 
necessary to stabilize the airfoil can be used to show how an airfoil subjected to these 
operating conditions needs to be modified for stability. 
The predicted unsteady pressure coefficients for the three different grid sizes are 
close in agreement with each other, but a larger deviation in the real part is exhibited on 
each surface for the 301x121 grid. The imaginary part of the unsteady pressure coefficient, 
which governs the work impulse shows much better correlation. Hence, the solutions for the 
different grid sizes were considered as being close enough to proceed.  
 
 
 
Figure 5.26 Work per cycle for high incidence case 
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Figure 5.27 High incidence baseline case first harmonic  
unsteady surface pressure coefficient distribution 
 (b) Upper surface 
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Baseline Case and Simulated Baseline Case: Steady Flow for 10α °=  
The baseline case uses the original surface coordinates for the NASA/P&W airfoil, 
see Figure 5.1. The simulated baseline case uses airfoil surface coordinates generated by 
the airfoil surface generation code, as illustrated in Figure 5.8. 
The 7.5o chordal incidence angle, which was established in the previous section as 
giving the best correlation with the experimental results, was used for these solutions. 
The convergence history for the lift coefficient is given in Figure 5.28, which shows that 
after the initial transients from the assumed uniform flow used for the initial condition, 
the lift coefficient reaches a steady value after approximately 7000 iterations. The grid 
size for each case was 162x65. 
 
Figure 5.29 presents the correlation of the predicted steady surface pressure 
coefficient with the experimental data. For the simulated baseline case, the reattachment 
point was predicted to be at approximately 53.9% chord, which is slightly higher than the 
baseline case (see Table 5.2) for the 162x65 grid. 
 (a) Baseline Case (grid size: 162x65)  (b) Simulated Baseline Case (grid size: 162x65)
Figure 5.28 Lift coefficient convergence history  
for the high incidence baseline and simulated baseline cases  
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Baseline Case and Simulated Baseline Case: Unsteady Flow for 10α °=  
For the unsteady flow computation, the unsteady moment coefficient ( mC ) 
converges to a sinusoidal type wave shape after two oscillation cycles for both the 
baseline case and the simulated baseline case, as shown in Figure 5.30. 
 
0.50
10
6.2
0.066
M
α
θ
δ
°
°
=
=
= −
=
Figure 5.30 High incidence baseline and simulated baseline case 
                  time dependent moment coefficient 
 (a) Baseline Case (grid size: 162x65)  (b) Simulated Baseline Case (grid size: 162x65)
Baseline Experimental Data 
Baseline Case (162x65) 
Simulated Baseline Case (162x65) 
Figure 5.29 High incidence baseline and simulated baseline case 
           steady surface pressure coefficient distribution 
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The work-per-cycle for the baseline case and the simulated baseline case, 
presented in Figure 5.31, shows the solutions converge to a steady oscillatory response 
after two cycles of oscillation. 
 
The first harmonic unsteady surface pressure coefficient is presented in Figure 
5.32. Both configurations have similar correlations with the experimental data as was 
found above; the baseline case and the simulated baseline case have good correlation 
with each other.  
Figure 5.31 High incidence baseline and simulated baseline case work-per-cycle
 (a) Baseline case (grid size: 162x65)  (b) Simulated baseline case (grid size: 162x65) 
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For the work impulse, although both computational predictions have 
overpredicted the experimental data, the simulated baseline case and the baseline case 
 (a)  Lower surface   
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Figure 5.32 High incidence baseline and simulated baseline 
case first harmonic surface pressure coefficient distribution 
(b) Upper surface 
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predictions are in good agreement with each other, see Figure 5.33. Furthermore, both 
predictions exhibit good trendwise agreement with the experimental data. From the work 
impulse, it can be seen, the baseline case is not stable in leading edge region. The 
maximum positive work impulse occurs at 0.5% chord for all grids. 
 
 
Optimal Leading Edge Camber Angle Case: Steady Flow for 10α °=  
The optimal leading edge camber angle case occurs for the minimum leading edge 
camber angle ( θ ) changes from the baseline case holding the leading edge height 
constant ( 0.066δ = ), see Figure 5.34.  
Figure 5.33 High incidence baseline and  
simulated baseline case work impulse
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For the steady flow computation, the lift coefficient convergence is illustrated in 
Figure 5.35.  
 
 
In Figure 5.36, due to the leading edge camber angle changes, the steady surface 
pressure coefficient decreases along the pressure surface and increases along suction 
surface in airfoil leading edge region.  
Figure 5.34 Airfoil shape for the optimal leading edge camber angle 
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Grid size: 162x65 
Figure 5.35 Lift coefficient convergence history for  
the high incidence optimal leading edge camber angle case 
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Optimal Leading Edge Camber Angle Case: Unsteady Flow for 10α °=  
For the unsteady flow computation, the unsteady moment coefficient ( mC ) 
converges to a sinusoidal shape after two oscillation cycles, see Figure 5.37, and the 
work-per-cycle also converges, as illustrated in Figure 5.38, after two oscillation cycles. 
Figure 5.36 Steady surface pressure coefficient distribution for the 
high incidence optimal leading edge camber angle case, 1.05θ °= −  
0.50
10
1.05
0.066
M
α
θ
δ
°
°
=
=
= −
=
 
Baseline Experimental Data 
Baseline Case (162x65) 
Optimal θ   Case (162x65) 
Optimal θ   Case (301x121) 
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Grid size: 162x65 
Figure 5.37 Time-dependent moment coefficient for the high 
incidence optimal leading edge camber angle case, 1.05θ °= −  
Grid size: 162x65 
Figure 5.38 Work-per-cycle for the high incidence  
optimal leading edge camber angle case, 1.05θ °= −  
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 (b) Upper surface 
 (a) Lower surface 
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Figure 5.39 First harmonic surface pressure coefficient for the high 
incidence optimal leading edge camber angle case, 1.05θ °= −  
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Optimal θ   Case (162x65) 
Optimal θ  Case (301x121) 
Baseline Experimental Data 
Baseline Case  (162x65) 
Optimal θ   Case (162x65) 
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Figure 5.39 presents the first harmonic surface pressure coefficient for this case. 
There is a small difference between the baseline case and the optimal leading edge 
camber angle case for the unsteady lower surface pressure coefficient, see Figure 5.39(a), 
with larger differences apparent for the unsteady upper surface pressure coefficient, see 
Figure 5.39(b).  
 
From the work impulse calculation, see Figure 5.40, the baseline case is unstable 
in leading edge region. The maximum predicted positive work impulse occurred at 0.5% 
chord of airfoil. For optimal leading edge camber angle case, all the work impulse 
predictions are negative in the leading edge region. So the optimal leading edge camber 
angle case is stable with minimum airfoil shape changes.  
These three curves for the optimal θ  case, which represent grid sizes of  301×121, 
181×81, 162×65, give slightly different results. This shows that the difference in grid size 
Figure 5.40 Work-impulse for the high incidence 
optimal leading edge camber angle case, 1.05θ °= −  
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had an effect on the work-impulse solutions for this case. For this case, the 181x81 and 
301x121 grids are in close agreement and the 162x65 grid indicates the correct direction 
of the camber change. It is believed that this difficulty is caused by the turbulence model 
and the lack of a transition model. This should be further investigated using a different 
turbulence model and a transition model.  
From Figure 5.41, the flow separation point is at 0.5% chord and the flow 
reattachment point is at 49.7% chord, 49.9% chord, 50.7% chord for 162x65, 181x81, 
301x121 grid sizes, respectively. Compared with the simulated baseline case whose 
reattachment point is 53.6% of chord. Hence, there is no decrease in the separation region. 
 
Table 5.3 Influence of grid resolution on reattachment point 
for the high incidence optimal leading edge camber angle case, 1.05θ °= −  
Airfoil Case Grid Size Separation point Reattachment point 
Optimalθ 301x121 0.005x C=  0.507x C=  
Optimalθ 181x81 0.005x C=  0.499x C=  
Optimalθ 162x65 0.005x C=  0.497x C=  
NASA/P&W 162x65 0.005x C=  0.536x C=  
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 (a) Grid size: 301x121
 (b) Grid size: 181x81
(c) Grid size: 162x65
Figure 5.41 High incidence optimal leading edge camber angle case uρ  contours 
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Optimal Leading Edge Camber Height Case: Steady Flow for 10α °=  
The optimal leading edge camber height case is the case that yields stability in the 
leading edge region with minimum leading edge camber height changes from the baseline 
case while maintaining the baseline case leading edge angle ( 6.2θ °= − ), see Figure 5.42. 
 
For steady flow computation the lift coefficient convergence history for optimal leading 
edge camber height case is shown in Figure 5.43. The results indicate the solution has 
converged. 
 
Figure 5.42 Airfoil shape for the optimal leading edge camber height case 
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Figure 5.43 Lift coefficient convergence history for the high incidence 
optimal leading edge camber height case, 0.023δ = −  
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For the steady flow surface pressure coefficient (Figure 5.44), there is an obvious change 
for the optimal leading edge camber height case compared to experimental data and 
baseline case. This may not be desirable from a performance point of view. However, in 
this investigation a minimal change from the baseline contour to increase flutter stability 
is of interest. 
 
Optimal Leading Edge Camber Height Case: Unsteady Flow for 10α °=  
For unsteady flow computations, the unsteady moment coefficient, Figure 5.45, 
and the overall work-per-cycle, Figure 5.46, converge within two oscillation cycles.   
Figure 5.44 Steady surface pressure coefficient distribution for the high 
incidence optimal leading edge camber height case, 0.023δ = −  
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Figure 5.45 Time-dependent moment coefficient for the high incidence 
optimal leading edge camber height case, 0.023δ = −  
Grid size: 162x65
Grid size: 162x65
Figure 5.46 Work-per-cycle for the high incidence optimal 
leading edge camber height case, 0.023δ = −  
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(b) Upper surface
(a)  Lower surface 
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Figure 5.47 First harmonic surface pressure coefficient distribution for the 
high incidence optimal leading edge camber height case, 0.023δ = −  
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As illustrated by the first harmonic surface pressure coefficient in Figure 5.47, 
there is distinct difference between baseline case and optimal leading edge camber height 
case for the unsteady lower surface pressure coefficient, and the unsteady upper surface 
pressure coefficient. From the work impulse calculation presented in Figure 5.48, the 
baseline case is unstable in leading edge region. For the optimal leading edge camber 
height case, the work impulse function indicates stability in the leading edge region. 
Hence, the optimal leading edge camber height case has been stabilized with a minimum 
change in δ  with constant θ .  
From Figure 5.49, it can be seen that the flow separates at 0.5% chord and 
reattaches at 19.9% chord for 162x65 size grid and 23.7% chord for 301x121 size grid. 
Compared with the simulated baseline case whose reattachment point is 53.6% of chord, 
flow separation has been reduced. 
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Figure 5.48 Work-impulse for high incidence optimal 
leading edge camber height case, 0.023δ = −  
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(b) Grid size: 162x65
(a) Grid size: 301x121
Figure 5.49 High incidence optimal leading edge camber height case uρ contours 
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0 and 0θ δ°= =  Case: Steady Flow for 10α °=  
The 0 and 0θ δ°= =  case is the case that attains a stable work impulse function 
with both leading edge camber height (δ ) changes and leading edge camber angle (θ ) 
changes, see Figure 5.15.  
The lift coefficient convergence history is shown in Figure 5.50, which shows the 
steady flow simulation has converged. 
 
Figure 5.51 shows there is an obvious change for the 0 and 0θ δ°= =  case in the 
steady surface pressure coefficient compared with the experimental data and the baseline 
case. The pC  increases in the leading edge region on both the pressure and suction 
surfaces and decreases along the chord compared with the baseline case.  
Figure 5.50 Lift coefficient convergence history for 
the high incidence 0 0andθ δ°= = case 
Grid size: 162x65
  92
 
 
0 and 0θ δ°= =  Case: Unsteady Flow for 10α °=  
For airfoil oscillation, mC converges to a sinusoidal wave shape as shown in 
Figure 5.52, and the work-per-cycle converges to a cycle independent value after two 
oscillation cycles, see Figure 5.53. 
 
Figure 5.51 High incidence 0 and 0θ δ°= =  case 
 steady surface pressure coefficient distribution 
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Figure 5.54 shows the difference between the baseline case, and the 
0 and 0θ δ°= =  case for the unsteady surface pressure coefficient. 
 
Figure 5.53 Work-per-cycle for the high incidence 0 and 0θ δ°= =  case 
Grid size: 162x65
Figure 5.52 Time-dependent moment coefficient for  
the high incidence 0 and 0θ δ°= =  case 
Grid size: 162x65
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Figure 5.54  First harmonic surface pressure coefficient  
distribution for the high incidence 0 and 0θ δ°= =  case 
(b) Upper surface
 (a) Lower surface 
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The work impulse shown in Figure 5.55, indicates the 0 and 0θ δ°= =  case is 
stable in the leading edge region. As depicted in Figure 5.56, the flow separation point is 
at 0.5% of chord and the flow reattachment point is at 22.1% of chord for 162x65 size 
grid and 20.1% of chord for 301x121 size grid. Compared with the simulated baseline 
case whose reattachment point is 53.6% of chord, the flow separation region has been 
significantly decreased. 
 
 
 
 
 
 
 
Figure 5.55 Work-impulse for the high incidence 
0 and 0θ δ°= = case 
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(b) Grid size: 162x62
(a) Grid size: 301x121
Figure 5.56 High incidence 0θ °= and 0δ =  airfoil case uρ  contours 
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CHAPTER SIX 
 
SUMMARY AND CONCLUSIONS 
 
In this investigation the influence of front camber on flutter of a compressor 
airfoil was investigated.  The airfoil used in this investigation had a cross-section typical 
of modern high performance low aspect ratio fan or compressor blades in aircraft gas 
turbine engines.  This cross-section would be found near the tip of the blade where the 
flow is supersonic at the design point. At part speed operating conditions this portion of 
the blade would be subjected to high subsonic or transonic Mach numbers with large 
mean incidence. Viscous effects are of significant importance at these operating 
conditions due to flow separation.   For these operating conditions the blade would be 
susceptible to subsonic/transonic stall flutter.   
A previous experimental study for this particular airfoil cross-section was 
conducted in the NASA Transonic Flutter Cascade at the Glenn Research Center. The 
airfoil design originated at Pratt & Whitney and was given to NASA for testing in the 
Transonic Flutter Cascade; this airfoil is referred to as the NASA/P&W airfoil.  In this 
investigation it was found that at large mean incidence the flow had a large separation 
region in the leading edge region, and in this region there was a contribution towards 
airfoil instability, i.e. flutter.  These results motivated this investigation. 
To accomplish the goal of investigating the influence of front camber on airfoil 
flutter, an airfoil surface coordinate generator was developed.   This airfoil surface 
coordinate generator modified the leading edge region of the original NASA/P&W airfoil 
by altering the leading edge camberline shape.  The leading edge camberline shape was 
  98
controlled by the leading edge camber height (δ) and the leading edge camber angle (θ), 
which were modified to change the leading edge airfoil shape.  The airfoil camberline 
shape was represented by a third-order polynomial, and the camberline arc length was 
constrained to the original value of the NASA/P&W airfoil.  The original NASA/P&W 
airfoil thickness distribution was maintained independent of the camberline shape 
changes. 
The surface coordinate generator, grid generator, and flow solver  were combined 
to find the minimal changes in leading edge shape of the NASA/P&W airfoil to stabilize 
the leading edge region for flutter.  
The interior penalty function method and the enumerate search method were 
compared. To save computational resources and improve computation efficiency, the 
enumerate search method was employed to find the minimum shape changes. This 
method performed one design parameter optimization to find the minimal change in 
airfoil shape.  
The flow conditions used in this study were a Reynolds number of 0.9 Million, an 
inlet Mach number of 0.5, chordal incidence angles of 0°  and 10°, a reduced frequency 
of 0.4, and an interblade phase angle of 180°. Both the steady and unsteady flow 
computational results for the NASA/P&W baseline airfoil case and simulated baseline 
airfoil case were compared to validate the geometry generator methodology. The 
simulated baseline airfoil prediction matched the baseline airfoil case prediction and the 
experimental data well at both low incidence angle ( 0α °= ) and high incidence angle 
( 10α °= ) conditions. 
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For the chordal incidence angle of 0° the airfoil shape generated with 0θ °= and 
0δ = was considered.  Steady flow prediction for this modified airfoil showed a decrease 
of a small area of separated flow in the leading edge region and an increase in stability in 
the leading edge region.   
The optimal leading edge camber angle case and the optimal leading edge camber 
height case were found for the chordal incidence angle of 10°. Steady and unsteady flow 
predictions for both of these cases were compared with the NASA/P&W airfoil case.  
From this investigation, the following major conclusions are drawn: 
1) It was demonstrated that front camberline shape is an important factor for stabilizing 
the leading edge work impulse. By using this method, the airfoil shape in the leading 
edge region can be modified through changes in the leading edge camber angle, θ, 
and the leading edge camber height, δ, until the work impulse becomes stable in the 
leading edge region.  
2) From a comparison of the optimal leading edge camber angle case with the baseline 
airfoil case, and a comparison of the optimal leading edge camber height case with 
the baseline airfoil case for the large mean incidence angle, δ has more effect on both 
steady and unsteady flow computational results than θ. The effect of the turbulence 
model and lack of a transition model was believed to cause the slightly different 
predictions of the different grid sizes for optimal leading edge camber angle case. 
This should be further investigated. 
3) The application of this airfoil shape modification methodology was to decrease or 
eliminate the probability of flutter in gas turbine engines in this study. However, this 
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method could also be used to improve compressor performance at off-design 
conditions. 
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